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FOREWORD

This report documents work performed by the Boeing Company as part of
contract NAS1-20014, Task 34, Integral Airframe Structure.  Cognizant
NASA/Industry representatives for this work are Joan Funk, Level III, NASA
Langley Research Center, and Trent Logan, Deputy Director, Prototype Center,
Advanced Transport Aircraft Development (Long Beach, CA), Boeing Phantom
Works.
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ABSTRACT

The continual need for low acquisition cost and the emergence of high speed
machining and other technologies has brought about a renewed interest in large-
scale integral structures for aircraft applications.  Nevertheless, applications of low
cost, large-scale integral structures in damage tolerance critical areas such as the
fuselage have been inhibited by a perceived lack of damage tolerance, and by cost
and manufacturing risks associated with the size and complexity of the parts.

In the Integral Airframe Structures (IAS) Program, a feasible integrally stiffened
fuselage concept was developed and analyses and tests were run to validate equal
or better performance than conventional designs with regard to weight and structural
integrity, while achieving a significant reduction in manufacturing cost.  While
several concepts, including isogrid and integral skin/stiffener/frame concepts were
considered initially, an integral skin/stiffener concept was selected for the test study
because of manufacturing risks associated with forming isogrid and integral frame
configurations to complex contours.  Both plate hog-out and near-net extruded
concepts were evaluated, though dimensional irregularities in the extrusion
precluded fabrication of large test panels from this material.

A substantial test matrix including coupons, joints, structural details, repair, static
compression and shear panels, and two-bay crack residual strength panels was
developed. Several of the specimens were sent to NASA Langley Research Center
(LaRC) for testing.  Alloys evaluated in the test matrix include 7050-T7451 plate,
7050-T74511 extrusion, 6013-T6511x extrusion, and 7475-T7351 plate.  Crack
turning was identified as an important phenomenon to improve the residual strength
and damage tolerance of integral structure (by deflecting the crack away from
integral stiffeners), and coupons and test panels were included to characterize and
verify crack turning behavior.  Improved methods for predicting crack turning
behavior were also developed in cooperation with NASA and Cornell University.

Various cost modeling codes were evaluated, and COSTRAN (a commercial
derivative of the NASA PCAD code) was chosen for cost analyses under this
program.  A hybrid design, made from high-speed machined extruded frames that
are mechanically fastened to high-speed machined plate skin/stringer panels, was
identified as the most cost-effective manufacturing solution.  Recurring labor and
material costs of the hybrid design are up to 61 percent less than the current
technology baseline.   However, there are important outstanding issues that are
discussed with regard to the cost of capacity of high technology machinery, and the
ability to cost-effectively provide surface finish acceptable to the commercial aircraft
industry.  The projected high raw material cost of large extrusions also played an
important role in the trade-off between plate and extruded concepts.

Keywords: Integral Structures, Damage Tolerance, Cost Analysis
             Crack Turning, Manufacturing Technology
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1.0  INTRODUCTION

The U.S. aerospace industry is critical to the economic stability and growth of the
nation as the largest manufacturing export and the greatest single positive
contributor to the balance of trade.  Significant foreign national industry
investments to produce high technology aerospace products and services for the
global market continues to impact U.S. sales and exports.  At the same time, the
retiring of the aging global fleet of transports, combined with an overall increase
in passenger demand will require delivery of some 13-17 thousand aircraft in the
next twenty years valued at over $1.2 trillion dollars [1,2]--a tremendous
opportunity to increase the U.S. export market.

As shown in Figure 1,  about a third of the airlines’ direct operating cost (DOC) of
an airplane is associated with the manufacturing cost, which is probably the most
critical competitive parameter with regard to market share.

P r i c e  ( 3 7 % o f  
D OC)

S eat s
( 1 3 % )

Maint .
( 1 1 % )

F uel & 
MT OGW
( 3 2 % )

Ot her
( 7 % )3 %  

T ax  & Pr of it     

( 3 7 % )  
IOC

6 0 %
DOC

Rec u r r in g  Co s t
( 8 4 %  o f  p r ic e )

No n -Rec u r r in g
Co s t  ( 7 %  o f  
p r ic e )

Ot h e r
( 9 %  o f  p r ic e )

Figure 1. Representative Breakdown of the Operational Cost of Commercial
Transports 1

In the past, the airframe design process in the U.S. has been focused on riveted
aluminum-skin and stringer construction, a structural concept dating from the
1940’s.  This process, with associated construction details and fabrication
processes, has become highly refined and mature,  and therefore difficult to
reduce in cost dramatically without significant deviations from conventional
design practice.  Nevertheless, metallic structure is well proven, and the industry
already has, and will likely retain extensive metallic production capability and
skills for the foreseeable future.

                                                
1 Cost breakdown shown is given as typical scenario.  While it is believed to be representative of
commercial transports in general, actual values will vary with model, airline, and market conditions.
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The continual need for low acquisition cost and the emergence of high speed
machining and other technologies has brought about a renewed interest in large
integral metallic structures for aircraft applications.  Integrating skin, stiffeners
and doublers into larger pieces of structure offers inherent savings and flexibility,
which is made increasingly more attractive as the labor required to machine the
parts is reduced by faster machines.  Nevertheless, application of low-cost
integral structures in damage tolerance critical members such as the fuselage
has been inhibited by a perceived lack of damage tolerance, and by cost and
manufacturing risks associated with the size and complexity of the parts.

The purpose of the Integral Airframe Structures (IAS) Program was to study
these risks by developing a feasible design concept with equal or better weight
and strength compared to conventional structure, which could be produced at
significantly lower cost, and which would exhibit acceptable damage tolerance
and fail-safe behavior. To the degree possible, the structural and cost savings
aspects of the design were to be validated by test or manufacturing
demonstration.

As will be described in more detail in Sections 3.1.2 and 5.3, an important
technical aspect of the program with regard to the damage tolerance and fail-
safety of integral structure in general is the ability to turn or deflect cracks away
from integral stiffeners as shown in Figure 2 (or the equivalent two-bay
longitudinal crack).  This improves the residual strength of the structure with
large damage such as a two-bay crack, and can potentially improve the
inspectability of the crack by making it more visually evident, and prolonging the
period during which the two-bay crack fail-safe condition is satisfied.  With or
without consideration of crack turning, the resolution of the damage tolerance
and fail safety issues for integral structure was viewed as the single most
important technical aspect of the program.

An overview of the program is set forth in Figure 3.  The overall project was
carried out by a NASA/industry team including Boeing components in Long
Beach (formerly McDonnell Douglas) and Seattle, Northrop-Grumman,
Lockheed-Martin, and Alcoa.

The present document will be laid out more or less in the same order  as the
tasks depicted in Figure 3 with a few exceptions.  The cost evaluation report is
documented under separate cover [3], and includes inputs from both Boeing
Seattle and Boeing Long Beach components as a unified document, since our
efforts were combined at the end of the program.  The theoretical work with
regard to crack turning will be documented in the structural validation section
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along with test data from the crack turning specimens.  Also, since no direct
follow-on program appeared forthcoming, the Phase II plan took the form of a
more general discussion of what remains to be done with integral fuselage
technology.

MULTI-PIECE FAIL-SAFE  
Conventional design provides separate fail-
safe load paths which are isolated from skin 
cracks

INTEGRAL FAIL-SAFE   
Design concepts/tailored material 
properties must arrest or deflect 
cracks 

 

Figure 2.  Fail-Safety Scenarios for Conventional and Integral Structure
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Figure 3.  Integral Airframe Structures (IAS) Program Summary

2.0  MANUFACTURING TECHNOLOGY ASSESSMENT

Early in the program, an assessment of existing and emerging manufacturing
technology was performed to gain insight into how integral structure might most
efficiently be made in the future, what technology development might be needed,
and what particular level of technology might be attainable during the course of
this program for specimen fabrication.

IAS team members met April 15-16, 1997 to discuss available and emerging
manufacturing technologies, and select those technologies that would be
evaluated under the present feasibility study.  For completeness, this section
describes the outcome, and briefly highlights issues discussed and decisions
made.  A more in-depth discussion will be provided under the Boeing Seattle
Contract NAS1-20268.
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2.1  Applicable Manufacturing Processes

A matrix of possible manufacturing processes/scenarios is shown in Table 1. The
table illustrates how applicable processes are to some degree driven by the
design configuration and raw material product form.  Not shown here is the fact
that some processes, such as age/creep forming and laser welding, are only
applicable to certain alloys or tempers.  Note that some processes such as
painting and sealing are not included in the matrix since they are virtually the
same for all configurations, and equivalent to current practice for built up
structure (though some savings are obtained via part consolidation).  Also, some
of the more exotic product forms, such as shear formed or roll-forged tubes, and
very large forgings, were discussed to some extent, but are not included in the
table either due to lack of maturity, or due to lack of applicability to program
objectives.

Most of the processes listed are familiar, with the possible exceptions of shrink
forming and friction stir welding.  Shrink forming is a method of forming stiffened
panels developed in Germany in which jaws grasp the stiffeners at intermediate
points and bend the panel to shape.  This method is little known in the U.S., and
domestic production facilities are not available.   Friction stir welding is a fairly
new solid state metallurgical joining technique in which a rotating tool develops
sufficient frictional heat as it is moved through the joint interface to soften
(without melting) and “stir” the two interfaces together.  It can produce a superior
joint than conventional welding techniques, and is applicable to a much wider
range of materials, including otherwise unweldable aluminum alloys.
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Table 1.  Assessment  of Manufacturing Alternatives for Integral Metallic Fuselage Structure

Product Form Preforming Operation Machining Stage Forming Stage Joining Stage

Configuration Class Casting Plate
Large 

Extrusion
Extrusion 
Flattening

Plate 
Forming 

(Prior to 
machining)

High 
Speed 

Machine
Chem 
Mill

Break/ 
Roll 

Form
Creep/Age 

Form

Shot 
Peen 
Form

Shrink 
Form

Friction 
Stir 

Welding
Laser 
Weld

Mech. 
Joining

Process 
No. Comments

(Singly 
curved) (Doubly curved)

x x x 1 Properties low for castings, 
x x 2 weight parity unlikely.

Longitudinally x x x x x 3
Stiffened x x 4
(Separate frames) x x x 5

x x 6
x x x 7

x x 8
x x x x 9

x x 10
x x x x x x 11

x x 12
x x x 13

x x 14
x x x 15

x x 16
x x x x 17

x x 18
x x x 19

x x 20
x x x 21

x x 22
x x x 23

Ortho/Isogrid x x 24
(Integral Frames) x x x x x 25

x x 26
x x x 27

x x 28
x x x 29

x x 30
x x x 31

x x 32
x x x x 33

x x 34

Longitudinally stiffened hog-out is 
most producible with current tech.  
High speed machining can far reduce
cost.  Would require strong, tough 
material for weight parity with 
baseline.
Requires 5-axis mill.  Thickness 
tolerances likely looser.
With near net, high precision 
extrusions, could be extremely cost 
effective.  Extrusion flattening needs 
development.  Poor as-flattened 
dimensions could impair 
machinability.
Similar to 11-16, but chem-
milling is more robust with regard 
to skin waviness.  However, masking 
of stiffeners is a  severe problem 
which could result in high scrap 
rate.
Propeties low for castings, weight 
parity unlikely.
Forming to contour difficult for 
isogrid with thin gage stiffeners 
typical of fuselage structures 
(unlike launch vehicle structure).  
Stiffeners tend to roll during 
forming.  
Requires special capital equipment, 
experience. 
Requires 5-axis mill.  Thickness 
tolerances likely looser.
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2.2  Processes Selected for the Feasibility Study

The planned structural design and validation segments of the feasibility study
were intended to address key aspects of structural integrity and damage
tolerance of integral fuselage concepts, requiring test specimens which would
have to be made during the course of the program.  It was foreseen that some of
the advanced manufacturing technologies desirable for consideration might not
be available within the program time frame, either due to further required
development, or due to the level of demand on high performance machinery.
However, if a given panel configuration designed for an efficient manufacturing
technology could be fabricated by alternative, but structurally equivalent
processes, then test specimens could be made in that way, and cost studies
could anticipate savings due to superior processing methods.

Early in the program, both longitudinally stiffened and biaxially stiffened concepts
were considered.   Biaxially stiffened concepts such as isogrid, however, are
more difficult to manufacture, largely due to the difficulty of forming these
structures to shape--even simple contours.  Previous experience in the launch
vehicle segment of the industry utilized break forming to create large isogrid-
stiffened rocket casings.  However, isogrid design concepts applicable to fuselage
were anticipated to have lighter-gage stiffeners, which were shown to roll and
buckle during break forming in a manufacturing demonstration by Boeing [21].
Buckling distortion of the stiffeners was considered a significant risk for
age/creep forming of biaxially stiffened structures as well, and peen forming was
considered risky for the combination of thin gage skin and circumferential
stiffeners.  A second isogrid panel showed that such a panel could be
manufactured by forming the plate first, then machining with a 5-axis machine, but
this approach was not favored because of the additional cost.  Castings, though
potentially applicable to biaxially stiffened structure, were not favored largely
because existing casting alloys exhibit low strength, making weight parity difficult
to achieve.

With these manufacturing risks, and without a sufficiently compelling argument in
favor of isogrid or orthogrid from a design standpoint (see discussion in
Section 3.1), it was decided to focus on unidirectionally stiffened concepts for the
present study.  Both plate and extrusion product forms were viewed as potentially
cost-effective, the plate being less expensive per pound, and the extrusion nearer
net.  Forgings were not seriously considered within the scope of this program
because size limitations could not support test panel fabrication, and would be
even a more severe constraint for production size panels.

For the extruded configuration, the ideal was to extrude net stiffeners and pocket
the skins.  Chemical milling of the pockets was not favored because of known
problems with accidental maskant damage on raised edges, such as the
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stiffener edges, which would result in acid leaks and thus an unacceptable scrap
rate.  Thus high speed machining was left as the most likely feasible material
removal process (problems with this approach will be discussed in Section 3).
Another problem with large extrusions was that due to current press size
limitations, increased panel width required extrusion of a curved panel
configuration, followed by a flattening operation that was still not very mature.
Also, the stretch straightening of wide extrusions could result in variations in the
stiffener spacing due to Poisson contraction, potentially causing stiffener
mismatch at circumferential joints.  Despite these challenges, it was nevertheless
felt that the large extrusion concept was promising enough to merit further study
under the program.  However, due to the poor dimensional quality of prototype
large extrusions made later in the program, large panel specimens of acceptable
quality could not be made (see Section 5.2.2)

The baseline process of stretch forming was not considered applicable to integral
structures because the stiffeners are on the inner mold line, and would thus
interfere with the tool.  Also, there are other problems with respect to how to grip
specimens,  the unevenness of stretch, distortion due to Poisson contraction, etc.
The remaining forming processes were segregated by their applicability to single
and double curvatures.  Bump forming to single curvatures had been previously
demonstrated, and could support the fabrication of test panels.  Double
curvatures involved more risk, but team members familiar with the age-creep and
shot peen forming processes felt that both might be potentially applicable.  Of all
the processes, it was believed that age-creep forming would likely result in the
most accurate and repeatable final curvature, possibly enabling further cost
reductions by use of precision assembly techniques.  However, only alloys
requiring artificial aging are compatible with age-creep forming, thus use of these
alloys was considered favorable where practical.

With regard to joining processes, the favored option was to use a combination of
friction stir welding for joining two or three smaller panels together, which would
then be mechanically joined using more conventional techniques. This is
particularly applicable to extrusions, which even when extruded curved and
subsequently flattened are still narrow compared to available sheet and plate
widths.  Laser welding was considered a backup technology, but also had the
advantage of a higher weld velocity, though limited with regard to material type
and weld quality in aluminum alloys.

Based on the above discussion, the Table 1 process sequences 3 and 11 were
chosen for test specimen fabrication (though conventional machining could be
substituted for high speed machining as required), preferably using materials
which would support age-creep forming (sequences 5 and 13) and to a lesser
extent laser welding.   Thus, the test data could potentially apply to any of the
process sequences 3-22.
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3.0  DESIGN DEVELOPMENT

The purpose of this segment of the program was to develop a feasible integral
fuselage design concept with equal or better weight and strength compared to
conventional structure, which could be produced at significantly lower cost, which
would exhibit acceptable damage tolerance and fail-safe behavior, and which
could be easily maintained and repaired.  This section describes the issues facing
integral fuselage structure, and design criteria to satisfy them, document design
studies performed under this program, and the motivation behind various
structural features finally selected for further study and validation by test.

3.1  Design Issues and Criteria

The following design criteria/goals for integral fuselage structure evolved during
the course of the program.

1.  Significantly lower cost than conventional structure (goal: 30% reduction).
This demands attention to design for manufacturing and assembly practice.

2.  Acceptable damage tolerance/fail-safe behavior
a.  Equal or better crack initiation life than conventional structure
b.  Meets two-bay crack residual strength criterion for longitudinal and
transverse cracks with or without crack turning.
c.  Structure designed for crack turning and arrest to occur as cracks approach
stiffeners in pressurized flight (to improve inspectability and arrest behavior of
large damage) except in areas potentially subject to Multi-Site Damage (MSD)
or other phenomena which could disrupt crack turning.
d.   Areas of potential MSD (i.e. joints) should be sized generously to
postpone MSD development (preferably beyond the initiation lives of less
critical MSD features) and to ensure fail-safe load capability for a straight
growing crack (per 2b).

3.  Equal or better with respect to conventional structure with regard to
       a.  Weight
       b.  Static Strength
       c.  Repairability
       d.  Corrosion resistance

3.1.1   Cost

Even before the inception of this program, there was a common belief among
airframers that integral fuselage structures could likely be manufactured less
expensively than conventional structure.  The reader is referred to the cost study
[3] released concurrently with this document, which is also summarized briefly
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in Section 4.0.  For the integrally stiffened skin, plate hog-out using high speed
machining technology appears likely to be the most cost effective fabrication
practice in the near term.  Cost models predict that if large extrusion prices are
reduced closer to the cost of sheet and plate materials, then extrusion might
become the least expensive option.  However, significant metallurgical and
producibility problems are associated with the utilization of large near-net
extrusions, and are not reflected in these cost studies.

Much of the cost is in the details.  Effort was made to avoid part flips and tool
changes where possible for machined parts, to keep assembly interfaces to a
minimum, but to avoid troublesome interface combinations which demand
unnecessarily tight tolerances or are prone to assembly mismatch.  Reference to
these and similar principles will be made as the description of the design
development continues.

3.1.2  Fail Safety/Durability & Damage Tolerance

Properly designed integral structures with attention to fillet radii and other
potentially life-limiting features, can potentially achieve very long fatigue lives.
Nevertheless, damage tolerance has long been a concern for integral structures
[4], which have been particularly shunned in critical areas like the fuselage.  This
concern was largely based on NASA fatigue crack growth tests [5,6] which
showed that a skin crack slows more when crossing a mechanically fastened
stiffener than an integral stiffener.  Multi-bay panels were seen to crack through
considerably faster in integral construction, compared to multi-piece designs.

However, if one assumes an externally inspectable damage which includes a
combination of a broken stiffener and a skin crack (Figure 4), then the fatigue
crack interval from this inspectable size to a two-bay crack would be identical for
either case (if one assumes no difference in material properties--the likelihood is
that there will be a difference in material properties, which will be discussed later).
Because residual strength typically drops below limit load for cracks beyond two
bays length, the benefit of slowed growth in this regime is seldom if ever
considered in design or analysis because the aircraft is already unsafe (yet this is
the regime where most of the benefit occurred in the NASA tests).  Once a crack
reaches this length, it is generally considered “walk-around inspectable” before
the next fight.   Clearly, integral structure must satisfy fail-safe loads (generally
limit load) with a two-bay crack (either longitudinal or circumferential), just like
their built-up counterparts.
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Figure 4.  Equivalent Inspectable Damage Scenario for Conventional and Integral
Fuselage Construction (Cracked Region is Shaded)

Crack turning has long been known to occur in pressurized aircraft fuselages,
typically resulting in crack arrest and containment  [4,7,8,9,10].  In general, this
behavior occurs for longitudinal fuselage cracks in narrow-body thin-skinned
fuselages (less than 0.040 thick per reference [9]), and the crack turns and flaps,
relieving the pressure, as shown in Figure 5.  Because this behavior typically
results in crack arrest and damage containment,

Figure 5.  Crack Turning and Flapping in Boeing 707 Test Panel [9]



12

it was viewed favorably as an arrest phenomenon for many years, and is a typical
design criterion for regions excluding the joint areas.  Nevertheless, the
phenomenon of crack turning has not been well understood, and therefore has
been viewed as difficult to rely on.  In particular, the absence of crack turning on
Aloha Flight 243, in which the airplane lost a large section of its upper fuselage
[11,12], underscored the fact that the likelihood of crack turning can be
significantly reduced by the presence of Multiple Site Damage (MSD).  The
mechanism behind crack turning would have to be sufficiently well understood
and demonstrated in test, and the design could not utilize crack turning for
scenarios where MSD or other considerations might prevent crack turning.  It was
also agreed among the IAS team that two-bay crack fail safety must be satisfied
whether or not the crack turns.  Thus crack turning would not be relied upon for
fail safety, but would provide improved arrest characteristics and inspectability for
large damage.

There is evidence suggesting that crack turning might occur more readily in
integral structures than in conventional structures.  Boeing tests indicated that
turning phenomena did not occur on widebody fuselages [9].  However, hardware
tested on the Primary Adhesively Bonded Structure (PABST) program [4],
showed excellent crack turning and flapping for a thick-skinned, wide-body
adhesive-bonded fuselage (YC-15 geometry, 108 inch diameter).  Because the
stiffness of adhesive-bonded and integral construction is comparable (and much
stiffer than mechanically fastened), this infers that the same behavior might well
have occurred had the test hardware been of integral construction.
Improvements in the ability to model crack turning behavior have also begun to
shed light on the mechanism behind the phenomenon  [13,14,15].  Analyses and
tests of integral panels with two bay circumferential cracks [16] have also shown
that crack turning in the self-similar case is due to a crack tip stress field which
occurs in a narrow region (on the order of a half of an inch wide) immediately
adjacent to the edge of an arresting stiffener or increasing step in thickness.  It
has been suggested that the concentrated nature of the turning forces in that
region could not likely be achieved by attached stiffeners with the typical one-inch
fastener spacing.  (Note that in asymmetric cases crack turning is easier to
achieve due to mode II stress intensity which is not limited to this small region, but
that turning forces near the arresting stiffener still play an important part).  The
analyses also indicated that the turning phenomenon was driven by geometrically
nonlinear behavior (pressure pillowing) which would not occur if the panels were
unpressurized.  The geometrically nonlinear nature of the problem also implied
that increased material fracture toughness, lower modulus, reduced skin
thickness, wider stiffener spacing, or higher pressures would generally enhance
the likelihood of crack turning.  Testing confirmed turning in the pressurized case,
but also showed the need to account for the fracture orthotropy of the panels (due
to the oriented nature of the grain structure).



13

Theory and tests to include the effects of fracture orthotropy on crack turning and
to demonstrate turning and arrest of longitudinal and transverse cracks were
undertaken in this program, and are presented in Section 5.3.  A graduate
program at Cornell University was also initiated to continue this work beyond the
IAS program, and implement the improved theory into adaptive mesh fracture
simulation codes FRANC2D and FRANC3D.  Understanding crack turning and
providing design codes will make this phenomenon more accessible for use in
design.

With most any practical integral structure fabrication method, there is freedom to
tailor the thickness with little cost impact.  With regard to MSD, it was determined
to tailor sufficient bulk into the joint regions to extend their life beyond other less
critical MSD sources (such as longitudinal cracks developing the end fasteners on
the shear clip feet) and reduce the stress intensity of any (rogue, or non-MSD)
cracks which should occur in the joint region to allow slow, readily inspectable
crack growth without turning.  Joint members splicing stiffeners crossing the joint
may also provide separate-piece arrest capability as required for two-bay crack
fail-safety.  It should be noted that the baseline structure of conventional aircraft
at present may well not be capable of sustaining a two-bay crack along a joint
fastener row with MSD [17].

3.1.3  Static Strength and Repair Considerations

For many years, built-up aircraft structure has employed a medium strength, but
highly tear resistant skin material (2024-T3), stiffened by high strength stiffeners,
typically 7075-T6 or T6511, and more recently with 7050, 7150, or even 7055
alloys with high strength, corrosion resistant tempers.  This choice of a tough skin
with a high strength stiffener is  motivated by fail safety and damage tolerance,
and has reached a high degree of structural efficiency.   Integral structure
presents a unique challenge in that the skin and stiffeners are made of
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one piece, and are therefore of the same alloy and temper2.   Material selection
under these circumstances must carefully balance the need for both strength and
toughness in the same material.  In order to achieve strength and weight parity
with conventional structure (if the structure is static critical), the static strength of
the selected material must in general be higher than the low strength skin
material, and higher in toughness than the incumbent high strength stiffener
material.  The results of a trade study of various materials will be discussed in
Section 3.3.4.

One structural advantage which is characteristic of integral structure in
compression (which is critical over much of the fuselage) is that if the stiffener foot
pad is twice the skin thickness or more, the effective width of postbuckled skin
acting in compression is increased as shown in Figure 6.  Since this section acts
at the yield strength of the material, it contributes significantly to the efficiency of
the structure.   The stiffener foot then also serves as an integral tear

w/2 w/2

t1
t2

for t2/t1 > 2

Figure 6.  Effective Area (Shaded) for Compressive Strength Calculations for
Multi-piece and Integrally Stiffened Structure

strap to help arrest or turn cracks, and provides a reinforced region useful for
repair using mechanical fasteners.  Ideally for repair of integral structure, a
pattern of closed cells bounded by such reinforced regions could be utilized,
enhancing repair life for patches sized to an integral number of bays.  The width
should then be sized (as a minimum) to accommodate a single row of fasteners.
Figure 7 illustrates an internal repair scenario used to define a minimum width for
the stiffener foot. An external repair is actually a more likely option for the
asymmetric (Z) stiffener foot configuration shown, but requires less width.  While
perhaps a bit on the generous side, the 1.1 inch minimum width derived here was
adopted for the upper fuselage.

                                                
2 Actually, it is possible to friction stir weld high strength stiffeners to high toughness skin (or perhaps
achieve a similar result by other means).  However, the advantage of such an approach was not obvious
from a cost standpoint because it still would require individual fabrication of the skin and each stiffener,
followed by a joining operation.  In this case, there is also the issue of the crack-tip-like faying surface
crevice on either side of the friction stir weld at the skin/stiffener interface.
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Figure 7.  Minimum Sizing of Stiffener Foot for Internal Repair Scenario

3.1.4  Corrosion Resistance

Because integral structure comes presumably from other than sheet aluminum, it
is not likely to be clad, thus an alloy of improved general corrosion resistance over
conventional 2024-T3 would be favored.  From a cosmetic standpoint, the
prospect of an uncoated, specular, integrally stiffened (and therefore unclad)
airplane does not appear to be likely.  Like composite parts, integrally stiffened
parts would probably have to be painted for good corrosion resistance.

With regard to stress-corrosion, plate hogout concepts, if implemented, will almost
certainly have fasteners--possibly interference fasteners--installed at some point
in the short transverse grain orientation, such as through the web of an integral
stiffener.  If this is not required by the manufacturer for mechanical joining, then it
will likely occur during a repair.  Alloy selection should consider whether the
stress corrosion threshold of the material can tolerate the possibility of fastener
induced short transverse stresses.

3.2  Biaxially Stiffened Concepts

The discussion now turns to the performance attributes of various design
concepts, and individual design features within each concept.  As described in
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the Manufacturing Technology Assessment section above, orthogrid and integral
frame concepts were eliminated early in the program, largely because of
manufacturing challenges beyond the scope of this program associated with
forming such biaxially stiffened concepts into curved panels.  Nevertheless, this
report would be incomplete without a brief discussion of biaxially stiffened
concepts, which were considered in the early stages of the program.  The
remainder of the discussion will then focus on the unidirectionally integrally
stiffened skin concept with attached frames, which was selected for further study
and testing.

From a developmental standpoint, perhaps the coarsest starting point for an
integral design concept would be to hog out skins, stiffeners and frames complete
to a geometry otherwise identical to conventional structure.  A major drawback of
this approach is the tremendous inefficiency associated with machining plate 5-6
inches thick down to comparatively light gage fuselage structure.  As a next step,
one might leave only an integral blade running circumferentially, to which the
upper frame could later attach.  The longerons could be simplified at least to
zee’s and possibly to blades (simpler to machine, but with somewhat less
structural efficiency).  A blade stiffened orthogrid concept with attached frames
was used on the Concorde upper fuselage at very low operational stresses.

Realizing that the best configurations for integral fuselage structure might well
differ in geometry from the familiar skin/stringer/frame arrangement of
conventional airframes, alternative concepts were also considered.  In particular,
since the sidewalls of the fuselage are loaded principally in hoop and shear, it
appeared that orienting the stiffeners at an angle, rather than  longitudinally,
might be advantageous using an isogrid arrangement.  In Figure 8, the stiffeners
on the crown and lower fuselage are shown as longitudinal, corresponding with
the principal loading, and various sidewall isogrid geometries are shown.
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SPLICE

SPLICE

a.   b.     c.       d.         e.

Figure 8.  Isogrid Window Belt Design Concepts

These sketches represent very preliminary concepts, but merit some discussion.
Note that the window configuration has a heavy interaction with the isogrid
configuration, as well as the inherent assumption that the isogrid must transition
to a frame spacing of approximately 20 inches on center at the upper and lower
fuselage.  Since the space between the windows must bear full hoop load, in
most cases the frame was carried through the window belt.  In concept d, this was
done probably to some disadvantage, since it adds an additional member to the
isogrid, and results in sharp angles between integral stiffeners, which adds
significant amounts of dead weight in the fillets between the members.  Of these,
concept (e) seemed perhaps the most sensible, but no analysis was run.

Isogrid structures have been claimed potentially more weight efficient than
conventional fuselage structures [19] (though in this reference the analysis
method is not clearly described), and are used extensively in rocket skins.
Considerable design literature exists with regard to isogrid launch vehicle
structure that need not be reviewed here.  Characteristic of launch vehicle design,
the standard design practice is a buckling resistant  structure (ultimate load
equates typically to the onset of buckling).  Fuselage structure is typically very
light gage, and is therefore generally of post-buckled design.  Short of nonlinear
finite element analysis, there is no standard method for post-buckled design of
isogrid structure to the authors’ knowledge.

Isogrid structure for launch vehicles is typically bump formed to cylindrical
contours.  However, these structures have relatively thick, short blades
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compared to what would be expected for fuselage design.  As part of the Boeing
Seattle IAS effort, forming trials of an isogrid panel considered more
representative of fuselage structure was bump formed, and resulted in tool-marks
and buckling in the web.  It was clear that lightweight, biaxially stiffened panels in
general would have this problem if bump formed.  Team members familiar with
age/creep forming admitted that very likely web buckling would occur for isogrid
or orthogrid structure using this process as well.  Peen forming was not believed
capable of obtaining the contours required.

Remedies were conceived, such as filling the bays with plastic fillers or the like to
suppress web instability during forming.  Nevertheless the development required,
and risk inherent in such approaches led the team to postpone work on biaxially
stiffened concepts to follow-on programs, thus protecting the immediate objective
of finding a feasible concept within the scope of the present program.  A
predominantly unidirectionally stiffened approach with attached frames was seen
as a much more producible option, and it was felt that developments in
manufacturing, cost prediction, and damage tolerance which would come with
pursuing such a concept could later benefit biaxially stiffened concepts, should it
ever become clear that they were more advantageous.

3.3  Unidirectionally Stiffened Concepts

By allowing the frame to be mechanically fastened, the forming problem
associated with web buckling is eliminated for the axis of primary curvature,
allowing bump forming of singly curved skins. The secondary axis of curvature for
compound contours would be much less severe, believed within the capability of
age creep forming and/or peen forming for most fuselage applications3.  Also, the
stiffened skin can in principle be extruded nearly net if desired, so long as the
stiffeners are parallel.

An upper fuselage concept in keeping with the foregoing discussion in Section 3.1
is illustrated in Figure 9.  A detailed description of geometric features follows.

                                                
3 This statement is based on information from vendors who perform age/creep forming.  Unfortunately,
fabrication of a doubly curved fuselage demonstration panel was out of the scope of the current program,
and thus the ability to form double contours in integral fuselage structure remains unproven.
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Built-up thickness provides 
sufficient stiffness to 
eliminate frame/longeron 
ties in many areas

Integral frame/shear clip, 
one-side machinable

High-strength, 
intermediate toughness 
material for low weight 
and good crack deflection

Stiffener lower cap 
provides built up area 
for repair with 
mechanical fasteners

Pocketed bays fully 
enclosed by integral 
lands/stiffeners for 
crack deflection/arrest

Figure 9.  Integral Upper Fuselage Concept

3.3.1  Stiffener Configuration

Integral Z or J stiffeners were chosen instead of hats or blades for various
reasons.  First, manufacturing cost for machined details is a strong function of the
part surface area, and thus Z’s, channels or blades would be less expensive than
hats.  Blades, while less expensive to machine than Z’s or channels, would be
less structurally efficient because they have less moment of inertia, and as one-
edge free members have less resistance to crippling under axial compression.  In
the highly compression critical areas, J’s are more structurally efficient, and are
also favored in the lower fuselage for repair.  Z’s have a slight advantage over
channels from a repair standpoint, and possibly a slight disadvantage from a
torsional stability standpoint.

Another motivation for not using hats was to eliminate the need for a stringer clip
at each mousehole (see Figure 10).  The frame/stringer connection, because it
joins two periodic and perpendicular interfaces, is not advantageous to preinstall
(or integrate) to either the stringer or the frame, but must be attached last to avoid
mismatch due to assembly tolerances [20].  Attachment of the clips does not lend
itself well to automation, and is thus likely to remain a manual operation.  There
are typically several thousand clips per fuselage, representing a significant
amount of cost and weight.

The stringer clip serves three main purposes--it stabilizes both the frame and
stringer from rotation, and it provides a rigid connection between the frame and
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stringer members which increases the shear strength of the panel by making it
more difficult for shear buckles to form through the mouseholes.  Torsional frame
instability is naturally suppressed throughout much of the fuselage by
miscellaneous structural hardware associated with cutouts or other features
(where this is not the case, the frame will have to be stabilized occasionally by
stringer clips or intercostals).   The Z (or channel) stringers, anchored to the skin
with an integral foot, and also at each frame crossing with the integral tear strap,
were believed to be adequately stabilized without the addition of stringer clips
(this was later supported by compression panel test data; see Section 5.5).

The rigidity of the frame/stringer connection to ensure good postbuckled shear
performance is a remaining issue, but the integral design of Figure 9, given
sufficient integral tear strap thickness, has inherently better stiffness than
conventional structure minus the stringer clip. As illustrated in Figure 10, the end
of the frame foot serves effectively as a frame/longeron clip if the end fastener is
nestled up close to the stiffener web.  Clearly, the proximity of the end fastener is
closer for a Z than for a hat (a blade stiffener would also be good in this respect).

                

Locally thickened 
frame foot stiffens 
cantilever

Minimize fastener 
distance from 
stiffener web to 
increase stiffness of 
load path

Mousehole slightly 
oversized for 
interference-free 
frame loading

Primary 
load path

Integral 
tearstrap 
stiffens 
load path

   Blade           Z          Channel          J             Hat
 (with foot)

Figure 10.  Strategy for Increasing Stiffness of Frame/Longeron Connection
without Separate Clip
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The stiffeners were sized for static strength, subject to various constraints.  The
stiffener foot was sized to accept a repair fastener on one side for a Z (or
channel) on the upper fuselage, and on both sides of the J in the lower fuselage.
The upper flange of the stiffener was also sized to accept repair fasteners (and
restricted to that width to avoid excessive rolling).  The height of the stiffener was
restricted to match a baseline configuration (generally the frame/longeron height
is limited to maximize the usable interior volume of the aircraft).  The stiffener web
was also restricted to at least 2/3 of the upper flange thickness to ensure that the
flange was sufficiently stabilized.  The thickness of the lower flange was kept
ample for crack arrest/deflection (between 2-3 skin thicknesses).

Sizing of the fillet radii, particularly at the skin/stiffener foot transition, was
recognized as a potentially important design variable affecting fatigue life.
Because the asymmetric shoulder in tension deflects in a nonlinear fashion,
determination of the true stress concentration factor in a pressurized fuselage
was a nonlinear 3D problem, and was thus difficult to model reliably.  A small test
program to evaluate the effect of the fillet radius on life was initiated to evaluate
this feature (see Section 5.4.2)

3.3.2  Frame Configuration

For the current design, the frame is not integral to the skin, thus a fairly
conventional frame arrangement could likely be used.  However, for  potential
cost savings and additional functionality, an integral frame/shear clip configuration
combination was developed for use in this program.

In general, frames are attached to the stiffened skin by shear clips, stringer clips,
or both.  For integral construction, it was felt that the inclusion of an integral shear
clip feature on the frame could improve the crack turning performance of integral
structure because it would stiffen the structure near the thickness interface.  The
frame/skin interface, because it is a single, smooth interface with one reasonably
flexible side, is inherently less troublesome than the stringer clip interfaces from
an assembly standpoint.  One could allow the (fairly rigid) frames to set the
interior mold line, and let the skin flex to fit.  Based on the previous discussion,
the frame/stringer clips could be omitted throughout much of the fuselage.

Three possible frame cross-sections with integral shear clips are compared with
conventional construction in Figure 11.  Concept (a) has a stress concentration
due to the unreinforced web around the mousehole, which could begin a
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(a)
Unreinforced

mousehole is less
durable/damage

tolerant

(b)
Mousehole

reinforced by
intermediate

flange

(c)
One-side machinable

concept with lower
flange widened to

allow  for automated
assembly

Conventional
two-piece

frame/shear clip

Figure 11.  Integral Frame/Shear Clip Design Considerations (Mousehole Region
Shaded)

fatigue crack and take out the entire frame.  Also, assuming a longitudinal skin
crack through the mousehole area, there is no effective lower cap to the frame.
Concepts (b) and (c) each reinforce the critical region of the mousehole with an
intermediate integral cap to reduce the stress concentration and provide a
measure of fail safety in case of a skin crack.  Concept (b) would be best
extruded, but would then have to be stretch formed.  Stretch forming requires
high strains, and thus would likely be accomplished in a soft temper, followed by
subsequent heat treat, yielding results which may not be sufficiently accurate if
the frame is to define the contour of the aircraft.  Concept (c) can be one-side
machined to high accuracy, and was thus preferred.  This concept is also pictured
with the frame foot locally stiffened near the mousehole in Figure 10, a detail
which may or may not be critical, but is easily accomplished during the machining
operation.

Frame sizing is largely stiffness driven, and would be similar for integral and built
up structure.  From a material selection standpoint, note that the fasteners in the
frame foot are installed in the short transverse orientation, and thus a stress
corrosion resistant material should be used.

3.3.3  Integral Tear Straps

The thickened lands that ride under the frames serve as integral tear straps to
turn/arrest longitudinal cracks.  The lower cap of the longeron performs this role
for circumferential cracks.  One of the objectives of the program was to learn
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how to properly size integral tear straps to arrest running cracks, and preferably to
turn either running cracks or fatigue cracks.

A previous investigation had accomplished crack turning and 2-bay straight crack
arrest for circumferential cracks with a three-to-one thickness increase in the
stiffener pad, but at close (4.6 inch) stiffener spacing.   There was also the
concern that the fillet radius might affect the residual strength.  Coupon and panel
test programs were initiated to address these issues (see Section 5.4.1 and 5.5).
In the meantime, finite element analyses were used to evaluate test
configurations, typically using linear elastic fracture mechanics, and with
geometrically nonlinear models where appropriate.  These results are described
along with the test results in Section 5 where appropriate.  Integral tear strap to
basic skin thickness ratios of 2.83 and 2.35 were used on this program, as will be
discussed.

The integral tear strap was sized to a two inch width to accept two fastener rows
for repair purposes.  This was also comparable to widths used previously for
mechanically fastened tear straps.

3.3.4  Material Selection and Sizing of Concepts for Structural Testing

Many aspects of what sizes the structure have already been discussed.  Prior to
actually performing sizing computations, load requirements must be defined.  For
trade study purposes, two sets of wide-body load requirements were defined, an
upper-aft load set, and a lower-aft load set, as shown in Figure 12.  The upper aft
load set was representative of a region intermediate between the crown and the
window belt, since the crown was originally considered too critical for integral
construction.  These loads were approximated from representative allowables of
low margin panels on a wide-body aircraft, and thus the loads are given as
required allowables for tension, compression and shear acting individually.  This
implies the assumption that the load interaction behavior of the integral structure
will be very similar to that of the baseline structure.



24

Wide-Body Upper-Aft Fuselage Panel
(Required Allowable Strength, not acting 
simultaneously)

Axial Tension:  6600 lb/in
Axial Compression:  3000 lb/in
Shear:  1500 lb/in

Wide-Body Lower-Aft Fuselage Panel
(Required Allowable Strength, not acting 
simultaneously)

Axial Tension:  3000 
Axial Compression:  5200 lb/in
Shear:  1500 lb/in

Figure 12.  Load Scenarios for Material Selection Trade Study

In order to have a fair weight comparison between baseline and integral
structures, and to distinguish the merits of each material, it was necessary to
optimize both a baseline structural concept, with baseline materials, and various
integral concepts with candidate materials.  To accomplish this, an EXCEL
spreadsheet was written to calculate the tension, compression, and shear
allowable of a parametric representation of each structural concept.   A
description of the analysis method is given in Appendix Section A.1.  Using the
Solver function of the program, each concept was optimized to minimize weight
while satisfying the required static allowables, subject to various constraints as
discussed in section 3.3.1.

The integral tear strap is not analyzed nor sized in the static analysis, yet initial
calculations indicated that the integral tear strap weight would exceed the weight
of typical tear straps used on existing aircraft.  A weight allowance of 6% of the
baseline weight was added to each integral configuration to compensate for this
difference, based on a preliminary sizing of the tear straps for the 7050 panel.  In
reality, this would be material dependent, but in the absence of accurate methods
to size the tear straps, this penalty was applied equally to all integral concepts for
the purposes of the trade study.

A summary of materials analyzed, and the weight change obtained for each
configuration is given in Table 2.  Various material properties and characteristics
are tabulated which are of interest for material selection, though only the static
properties were used to calculated the weight change (except in
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Table 2.  Trade Study Materials and Summary

Alloy/
Product Form

Ftu
(ksi)

Fty
(ksi)

Fcy
(ksi)

Short
Transverse
Fastener

OK?

Creep
Formable

?

% Weight
Change

Upper Aft
Fuselage

Case*

% Weight
Change

Lower Aft
Fuselage

Case*
Baseline
Clad 2024-T3 Skin
7150-T77511
Extrusion

62
85

45
78

37
78

N/A N/A 0 0

2024-T351
Plate

60 45 36 NO NO +28 +29

2324-T39
Plate

≈10% higher than
2024

NO NO Approx
+18

Approx
+19

7475-T7351
Plate

70 59 58 YES YES -2 -1

7050-T7451
Plate

74 64 63 Probably
YES**

YES -6 -6

6013-T6
Plate or Extrusion
(Sheet  props
used)

52 47 48 ?
Probably
YES +25 +13

2024-T3511
Extrusion

57 42 34 N/A NO +32 +32

2224-T3511
Extrusion

≈10% higher than
2024

N/A NO Approx
+18

Approx
+19

C434-T3511
Extrusion

≈20% higher
than 2024

N/A NO Approx
+8

Approx
+12

7050-T74511
Extrusion

73 63 63 N/A YES -5 -5

7175-T73511
Extrusion

69 59 59 N/A YES -1 -1

** Weight change is relative to baseline, and includes a 6% increase in weight for the integral tear straps.
* There was some division among the IAS team as to whether 7050-T7451 plate has sufficient stress
   corrosion resistance to permit short transverse fastener installation.

the case of the 6013 alloy, which has two percent less density than the other
baseline and candidate alloys, which was also taken into account).  Static
properties, where available, were taken from Mil-Hdbk-5 [17] .  In the case of
6013-T6 plate, sheet properties were used in the absence of plate values.  For
three proprietary alloys, the actual static properties could not be included
explicitly, but are approximately referenced by ratio to 2024-T3 properties (though
the best values available were used in the analyses).
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Note that the baseline stiffener alloy used for the trade study was 7150-T7711
extrusion, which has higher strength than the 7075-T6 used on many existing
aircraft, in order to better represent an airplane of conventional design, but up-to-
date materials selection.  2024-T3 and the more modern (and tougher) 2524-T3
are of essentially the same static strength, and may be considered equivalent in
that respect for the purposes of the trade study.

It should be mentioned that low weight density alloys, in particular aluminum-
lithium alloys, were excluded from the studies early in the program. These were
immediately ruled out for plate hogouts because of the high buy-to-fly ratio, in
view of the high price of the raw material.  Cost and availability were also
concerns with respect to large extrusions, as well as the low plane stress fracture
toughness and directional nature of these alloys in an extruded product.  It was
felt that it was premature to include these materials in the test program at this
point, but that what would be learned from more available alloys could later be
applied to more advanced alloys or alloy development.

The baseline built-up configuration optimized for both upper and lower fuselage
cases was a Z stiffened skin.  For the upper fuselage loads, the integral panels
likewise optimized to well-proportioned Z-stiffened panels.  When optimizing the
lower fuselage integral panels, however, the Z stiffened concept converged on
concepts with unreasonably bulky stiffeners, particularly for the lower strength
alloys.  Much better proportioned stiffeners, and better weight efficiency were
obtained when a J configuration was  used.  Because this was also favorable to
repair in this damage prone area, the J configuration was adopted for all lower
fuselage integral panels.

All the alloys considered were known, or at least believed to possess high plane
stress fracture toughness, which is important for damage tolerance.  Unfortunately
much of the fracture toughness data is proprietary or even nonexistent for the
product forms indicated, and is thus not included in the chart.  However, the 2000
series aluminum alloys in general, and 2024-T3 in particular is known to have very
high fracture toughness, with R-curves approaching 180 ksi-in1/2 for wide panels
[18].  Of the 7000 series alloys, 7475-T7351 was expected to have toughness
approaching that of 2024-T3.  The -T73 temper was favored over the -T76 temper
because it is known to retain fracture toughness better at -65°F for this alloy, and
for improved stress corrosion resistance.

Based on the static strength/weight analysis, the 7050 alloy appeared to be a
good choice in both plate and extrusion product forms, yielding 5-6 percent
potential weight savings.  In addition to high static strength, the alloy was known
to have good plane stress fracture toughness in the L-T orientation (crack running
normal to the grain), though less than 7475-T7351 and 2024-T3, and was
age/creep formable, a potentially important characteristic for curved panel
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fabrication.  In the plate product form, it has sufficient stress corrosion resistance
that it is likely acceptable for applications requiring short transverse fastener
installation (though there was some division among IAS team on this point).
7050-T7451 plate had also performed well in a previous transversely cracked
integral panel test at NASA [16].

A structural configuration representing the upper aft fuselage was sized for 7050
alloy (suitable for both plate and extrusion product forms), and is illustrated as
Concept #1 in Figure 13.  As documented in Section 5.0, a test matrix4 was
adopted of specimens ranging from material characterization coupons to
structural panels based on this structural configuration.  As work progressed,
crack turning test specimens showed that the T-L fracture toughness (cracking
parallel to the grain) was very low for the 7050 plate material (about 83 ksi-in1/2),
and likely inadequate for efficient longitudinal fuselage crack arrest.  The crack
path also favored this direction, making it very difficult to turn longitudinally
running cracks in this material.  Later tests showed similar problems in the 7050
extrusion as well.

No doubt the most critical test in the program plan was a 10 ft x 10 ft. pressurized
longitudinal 2-bay crack panel scheduled for testing at Boeing Seattle late in the
program.  It became clear that this test would not likely be successful using 7050
plate or extrusion due to the low fracture toughness of the material.  This issue
was discussed among the IAS team, and after a check of available information
showed the toughness orthotropy to be much less severe for 7475-T7351 plate (a
trend later confirmed by crack turning specimens), that material was selected as
the alloy of choice for the longitudinal crack test.

7475-T7351 plate had a lower static strength than 7050-T7451, and showed only
slight weight advantage over baseline, but that still met the program minimum
objective of weight parity.  It had higher plane stress fracture toughness (including
excellent T-L toughness), excellent corrosion and stress-corrosion resistance
(commonly used in applications with interference fit fasteners in the short-
transverse orientation), and is age/creep formable.  Based on some preliminary
finite element studies performed at Boeing Seattle which became available at this
point in the program, it appeared that integral tear straps might be better crack
stoppers than originally thought, and with the additional toughness, perhaps
crown panel applications were not out of reach as previously thought.

An excellent baseline for crown panel performance was available in the form of
wide-body crown panel tests performed previously at Boeing Seattle under FAA
contract [18] to investigate two-bay crack arrest with and without MSD.  It was
decided to design an integral panel of equivalent strength and weight as the FAA
panels, and to test with a two-bay longitudinal crack on the same rig at Boeing
Seattle.

                                                
4 modified from a test plan developed under an earlier study, contract NAS1-20268.
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In order to obtain the load capability of the baseline panel concept, the
spreadsheet panel sizing tool was modified to reflect the geometry and materials
of the hat-stiffened FAA panels.  A Z-stiffened 7475-T7351 integral panel was
then sized to equal or better strength in tension, compression, and shear
(separately applied).  As a refinement to previous analyses, the strength and
weight associated with fillet material was accounted for, and the weights of all
structural details (including frames, the baseline frame-longeron clips, and the
baseline tear straps, but excluding joints) were calculated.  The integral tear
straps of the new design were then sized so that the weight per unit area of the
two panels would be the same.  A finite element analysis on this concept was
performed [21], assuming straight crack growth initiating at the end fastener of a
frame foot.  The concept appeared conservatively adequate to sustain 9.4 psi
pressure (the same as the FAA panel failure load) with a two-bay crack based on
linear elastic fracture mechanics.

Table 3.  Weight/Strength Comparison Between Crown Panel Baseline and
Concept #2

FAA Crown 
Baseline

Integral 
Crown 

(Concept#2) % Difference Comments
Static Strength Comparison
Predicted ultimate strength, loads acting separately

lbs/inch lbs/inch
Tension 5798 6047 4.3

Compression 2172 2191 0.9
Shear 1324 1495 12.9

Weight Comparison/Breakdown

Effective thickness, t eff, based on density of aluminum, 0.101 lb/cu in

An attempt has been made to divide weight of integral structure up by function.

teff teff

Skin 0.06300 0.06300 0.0
Stringers 0.03357 0.02793 -16.8

Tear Straps 0.00773 0.00826 6.8
Frames 0.02271 0.02329 2.5

Shear Clips N/A 0.00809 100.0
Stringer Clips 0.00359 N/A -100.0

Total teff 0.1306 0.1306 0.0
Total in lb/sq ft 1.900 1.899 0.0

Assuming the crown panel is 
shear/tension critical, the 
integral concept is slightly 
overdesigned, and could be 
refined based on the actual 
critical loads

Items shown in boxes are 
integrated in Concept #2.  
Weight parity was acheived, 
but further refinement could 
likely reduce weight in 
integral tear straps, clips, 
and frame.

The baseline and integral crown panel (Concept #2) configurations are illustrated
in Figures 14 and 15 respectively.  A table showing strength and weight parity is
given in Table 3.  The weight analysis accounted for minute structural features
not explicitly detailed in Figure 14, such as lobes on the tear straps, and also fillet
material with a few minor exceptions.  While weight parity with baseline was
achieved in the integral crown panel design, it is likely that refinement could
further reduce weight without unacceptably degrading performance in terms of
static strength or two-bay crack fail-safety.
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0.063 2.40

Structural Dimensions (inches)

Radius 127
Stringer Spacing 9.25
Frame spacing 20.0
Skin Thickness 0.063
 (2024-T3 Clad)

Stringer, 7075-T6 (Clad)

Frame,
 7075-T6 (Clad)

Bonded Tear Strap, 2024-T3 (Clad)

Figure 14.  Baseline Crown Panel Geometry [17]
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Figure 15.  Integral Crown Panel Geometry (Concept #2)

In light of the fact that in order to achieve static strength equivalence and meet fail
safety requirements, 7475-T7351 seems to be the best current candidate for
integral structures, some discussion with regard to fatigue and crack growth
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performance is appropriate at this point.  The S-N fatigue performance of 7475-
T7351 (and 7000 series alloys in general) is generally not considered to be as
good as the incumbent 2024-T3 skin material (or 2000 series in general).
Reference is typically made to Mil-Hdbk-5 data which gives (bare) 7475-T7351
plate S-N data and bare 2024-T3 sheet data, showing the 2024-T3 to have
roughly 3-5 times the life of the 7475-T73515.  One must realize, however, that
the true incumbent skin material is not bare 2024-T3, but clad 2024-T3, which has
worse fatigue performance than bare material because the cladding acts as a
fatigue initiator.  Mil-Hdbk-5 7475-T7351 plate data compares more favorably with
clad 2024-T3 S-N data given in [22].  7475-T7351 showed better performance
than clad 2024-T3 for unnotched specimens, but somewhat worse performance
for notched specimens, where the data has to be adjusted to obtain matching
notch values for comparison.

Even if there were a slight drop in S-N performance, or if the designer were
tempted to reduce the skin gage to take better advantage of the higher
mechanical properties of 7475-T7351, it would be primarily an issue for repair.
The basic integral structure concept should have a fatigue life well beyond the
baseline design due to the elimination of fastener holes along the stiffeners where
the hoop stresses are the most severe, and the integral reinforcement of the
remaining fastener locations at the frames and splices.  Having provided
reinforced skin regions for the most critical repair fasteners, as discussed in
Section 3.1.3 (see Figures 9 and 13), the integral design appears adequate in this
respect.  Also, a simulated repair test panel was also designed for subsequent
NASA testing to confirm the repairability of the structure (see Section 5.5.2).

A comparison of crack growth data from [22] shows that the constant amplitude
da/dN vs. ∆K curves cross at around 1E-5 inches/cycle, with the 7475-T7351
performing better in the upper ranges, and the clad 2024-T3 performing better in
the lower ranges, which represent most of the fatigue crack growth life of actual
components in service.

Without any compensation for this difference in crack growth behavior, there
might be a trade-off between the value of extended aircraft life and the cost of
reduced inspection intervals.  However, taking advantage of the tailorability of
integral structure--the ease with which extra material can be placed precisely
where it is needed in the vicinity of a life-limiting feature, without adding more
fastener holes--it is possible to compensate in many cases by local
reinforcement (integral doublers).  The increased thickness in these areas not

                                                
5 Another interesting piece of data, though more relevant to wing loading, is given in [23].  Riveted lap
joints made from 0.2 inch thick 2024-T351 and 7475-T7351 plate tested with versions of the FALSTAFF
load spectrum (limit stress = 21.7 ksi), showed approximately 25 percent lower life for 7475-T7351.
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only increases the average fatigue life of the feature, but also slows crack growth
in the early stages when the crack is growing very slowly.

3.3.5  Joint Design

At this point in the discussion, having downselected materials and structural
concepts for further evaluation, a discussion of joint design for integral structure is
appropriate.  Mechanically fastened joint concepts were developed for
longitudinal and transverse joining applications, and a friction stir welded
longitudinal joint configuration was also considered.  Because of the timing of the
joint design process in the program, the joints are designed for use with panel
concept #1 (Figure 13).  As mentioned previously, a long life joint design can
reduce the threat of MSD if it moves the fatigue life of the joints out beyond the
fatigue lives of other, less MSD prone (more widely spaced) features, such as the
end fasteners of the frame feet.  A slow crack growth joint design is also important
so that non-MSD cracks that might appear early in the life of the structure due to
a manufacturing flaw or incidental damage will propagate slowly for good
detectability.  The two-bay crack must also be satisfied in this region for cracks
parallel to the joint, which pass near where the stiffeners or frames are also likely
spliced.

All of these objectives are aided by appropriately increasing the bulk of the splice
through the thickness.  Integral structures can tolerate more rapid thickness
transitions than can be achieved with riveted doublers, but still one must be
careful about eccentricity.   Since the part is presumably machined on both faces
(even the flush surface must be cleaned up to obtain a flat surface to suck down
to a vacuum table) fairly complex detail features such as stepped interfaces can
be machined into the joint with little cost impact, so long as the design does not
require an excessive number of tool changes.

3.3.5.1  Mechanically Fastened Longitudinal Joint Concept

The longitudinal joint concept chosen for evaluation is a stepped-lap configuration
shown in Figure 16 (for full geometric detail, see Appendix Section A.4), which
achieves a more favorable distribution of the fastener loads than the simple lap
configuration also shown.
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Figure 16.  Longitudinal Joint Concepts

The simple lap is similar in concept to commonly used joints[18].  Ample (0.15
inches) space was left between stepped interfaces to take up slack on assembly
(use of the gray or silver gap seal on the exterior recommended for cosmetics).
The thickness of the overall lap was made to match the pad thickness under the
stringer, which also matches the integral tear strap pad thickness.  This results in
a flush exterior configuration, which has a small aerodynamic benefit, but also
potentially improves fit by eliminating the imprecision of the unlofted section
typically associated with a lap joint.  The joint concept also has a flush transition
along the interior, simplifying frame configuration and attachment.

An analysis of the joint is given in Table 4, with comparison to a conventional lap
joint configuration with three fastener rows of the same pitch, but a constant skin
thickness of 0.06 inches.  Fastener joint allowables are interpolated from Mil-
Hdbk-5G values for 1097-E6 rivets in clad 7075-T6 sheet, which is comparable in
bearing strength to 7050-T7451  plate.  The stepped lap joint has only about 8
percent higher static strength6, but nearly 42 percent more bearing area.  Based
on a displacement compatibility [25] and in-plane stress concentration analysis
[24] (neglecting eccentricity), the stepped lap has an effective gross stress
concentration about 46 percent less than the constant thickness lap.  A rough
fatigue life estimate was calculated for a skin stress of 17 ksi, R=0 for each of the
concepts, based on available fatigue data [17,22].  However, because the

                                                
6 Both joints are easily adequate for the ultimate hoop load of (8.6 psi) (1.15) (1.5)/(118.5 in) = 1758 lb/in.
Conservatively high static joint strength is common for longitudinal joint design, because fatigue life is
typically more critical than static strength, requiring a large bearing area.  Some designers might argue that
softer rivets should be used to obtain better hole fill, even though that would result in lower static strength.
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analysis neglects eccentricity, interference, and the effects of countersink,
fretting, and faying surface sealant, a reliable analytical estimate of the fatigue life
is not possible.  Nevertheless, assuming the trends are correct, the life of the
stepped lap would be anticipated to far exceed that of the simple lap joint (even if
the simple lap were of clad 2024-T3 material).  Also, though the analysis predicts
a slightly higher stress concentration at the center fastener row of the stepped
lap, it seems likely that failure will occur at one of the outside rows (probably on
the countersunk side) due to bending at the ends of the joint.

The increased weight associated with the stepped lap is small when spread over
the overall panel, and should be viewed in the context of improving the joint
inspectability and MSD resistance of the aircraft.  Also, it can be offset by joining
some of panels together first with a low-cost, low-weight, structurally efficient
friction stir welded concept.

Table 4.  Results of Joint Analyses

Simple Lap
Fastener Pitch (in) = 1.04 Gross Stress

Basic skin thickness (in) = 0.06 ConcentrationBearing Area/
Row t (in) Ult Load (lbs)/rivet Ult Load (lb/in) Load fraction Kg eff Gross Area

1 0.060 944 907 0.340 4.214 0.184
2 0.060 944 907 0.320 3.114 0.184
3 0.060 944 907 0.340 2.222 0.184

Total Joint Strength (lbs/in): 2722 Total: 0.551

Reference S/N data*
Estimated life of 7050-T7451 joint at 17 ksi basic skin stress: 3.5E+04 [17], Fig. 3.7.3.2.8 (c)
Estimated life of clad 2024-T3 joint at 17 ksi basic skin stress: 6.5E+04 [22], Fig. 2.1.1.3 (b)

Stepped Lap
Fastener Pitch (in) = 1.04 Gross Stress

Basic skin thickness (in)= 0.06 ConcentrationBearing Area/
Row t crit Ult Load (lbs)/rivet Ult Load (lb/in) Load fraction Kg eff Gross Area

1 0.110 1094 1052 0.328 2.274 0.337
2 0.085 1033 993 0.344 2.287 0.260
3 0.060 944 907 0.328 2.141 0.184

Total Joint Strength (lbs/in): 2952 Total: 0.781

Reference S/N data*
Estimated life of 7050-T7451 joint at 17 ksi basic skin stress: 393018 [17], Fig. 3.7.3.2.8 (c)

*Reference data adjusted for Kt, Kg

3.3.5.2  Friction Stir Welded Longitudinal Joint Concept

Friction stir welding is a relatively new process for creating metallurgical joints.  As
illustrated in Figure 17, it involves forcing a spinning mandrel into the workpieces
in the vicinity of an interface, thereby softening the workpiece material locally, and
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mechanically mixing it together.  Friction stir welded joints are virtually absent of
porosity, have no melt zone, and can be used to join metals which are not readily
weldable with conventional welding processes.

Figure 17.  Friction Stir Welding Process

The 7000 series alloys of interest for this program are among the materials which
have been friction stir welded with success, but which are not practical to weld by
conventional means (including laser welding).  Coupon specimens for static,
fatigue, and corrosion evaluation of friction stir welded 7050-T7451 plate are
described in Section 5.  It is anticipated that the as-welded material may
experience a static strength reduction of as much as 20 percent, and some loss
of fatigue performance compared to the parent material.  Nevertheless, the
expected performance is still favorable compared to other joining methods.

Due to weld thickness limitations, it would appear that the welding process would
occur after the panels are machined, thus accurate location of the panels during
the welding process would be important.  To compensate for the reduced
properties, a friction stir welded joint should be located in a reinforced region,
possibly integrated with a stiffener as shown in Figure 18.  A pad thickness 1.3 to
1.4 times the basic skin would probably suffice, but co-locating the pad with a
stiffener makes the weld of constant thickness as it crosses though the integral
tear straps, which simplifies (if not enables) use of this process.  Cleanup
machining in the joint region may be necessary to remove the slightly irregular
surface left by the process, but there may be merit in leaving some visible
evidence of the weld process for later inspection/repair.

The integrated concept shown in Figure 18 enlarges the stiffener foot to allow
manufacturing access for clamping during the welding operation, and provides
room to locate the weldment between fasteners where the frame attaches (which
also allows room for reinforced repair without piercing the weldment).
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3.3.5.3  Circumferential Joint Concept

Butt joints are typically used circumferentially because the orientation of the
airstream demands an aerodynamically flush joint. In principle, a flush lap such
as that described for the circumferential joint could be employed, but such a
course would mean that when assembling barrels, one would have to insert the
end of one barrel inside the end of the mating barrel, which is not likely to be
practical.  With a butt joint, the barrels are brought adjacent to one another and

Weldment

2.26

1.26

Frame Attachment Fasteners

Weldment

 (a) Basic Friction Stir Welded Joint Concept

(b)  Welded Joint Concept Integrated into Integrally Stiffened Skin Panel

Figure 18.  Longitudinal Friction Stir Welded Joint for Integral Structure

joining is achieved by adding additional detail parts that bridge the gap and fasten
to each side.  In conventional designs, internal joint straps are used almost
exclusively, thus maintaining exterior flushness, but creating undesirable
eccentricity at the center of the joint.  Circumferential joints in conventional
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structures also tend to be many fasteners wide to provide sufficient bearing area
to transfer the required load, which also helps reduce the effect of the
eccentricity.  Most airframers prefer to splice at a location midway between
frames to avoid unnecessary complexity.

Taking advantage of the ability to locally reinforce integral structure, we have the
ability to deploy more bearing area per hole, thus requiring fewer fasteners,
reducing the width of the joint, and loading the fasteners more evenly--all of which
is good.  The shorter the joint, however, the greater the effect of the eccentricity
will be.

With these factors in mind, the joint concept of Figure 19 was developed (see
Appendix Section A.4 for full geometric detail).  The external doubler helps
alleviate joint eccentricity, but is inlaid for aerodynamic flushness.  The external
doubler also helps seal the aircraft, since the internal doublers are discontinuous
due to the integral stiffeners (splicing the stiffeners over the joint is possible to
allow a continuous internal doubler, but adds unnecessary complexity).

A

A

B

B

B-B

A-A

Figure 19.  Circumferential Splice Concept
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Another concern with regard to integral stiffeners is that in the conventional
design, the stringers are left unattached for several inches on either side of the
joint to allow some flexibility in case they don’t match up.  Once the stiffener ends
are joined together, the fasteners leading up to the joint are installed.  In the
integral case, the stiffeners are very rigidly attached to the skin, making stiffener
line-up a potentially difficult interface (actually, even with the flexibility in the
conventional design, stiffener line-up and joining is often a problem interface).
Most of the difficulty of this interface has to do with tangential, or “in plane”
stiffener mismatch.  For integral panels, even if they are precisely machined to
match, some in-plane shifting of the longerons may occur as the panels are
formed to contour--particularly complex contour.  Also, if the panels are extruded,
they must generally be stretch-straightened longitudinally as part of the heat
treatment process, resulting in Poisson contraction.  Some of this could be
compensated for in the die design, but the contraction would vary between the
grip lines.  The wider the panels, the more significant the problem will be.

In order to alleviate this problem in the integral concept, the circumferential joint
has been designed to eliminate the tangential component of the interface.  The
stiffener caps are built-up in both thickness and width in the vicinity of the joint so
that all the stiffener load can be transferred through the cap via a tapered strap,
which can accommodate ample in-plane manufacturing tolerance.

A static analysis of the joint is given in Table 5, estimating an ultimate strength of
49 ksi based on the gross area of the basic skin/integral stringer cross-sectional
area.  The ratio of bearing area to gross area is a very high 0.926, which should
ensure long fatigue life.  Because of the complexity of the joint, and the
uncertainty of fatigue life predictions for joints, no further analysis was run.

Table 5.  Static Analysis of Circumferential Joint Concept

Fastener DIA = 0.19
Stiffener Spacing (in) = 8.00

Gross Area, incl. fillets (in) = 0.798

Row t crit
Critical 
Material Fastener Type

Fastener 
Count/Bay

Ult Load 
(lbs)/Rivet

Ult Load 
(lb) t 7050 

Bearing 
Area/Gross 

Area
1 0.080 7075-T5 NAS1097E6 100° Flush 7050 rivet 8 1020 8160 0.09 0.171
2 0.080 7075-T6* 100° Flush Ti 6-4 Pin 8 2250 17997 0.17 0.324

3-5 0.080 Fastener Shear NAS1097E6 100° Flush 7050 rivet 5 1175 5875 0.17 0.202
Stringer Cap Various Fastener Shear MS20470E6 100° Flush 7050 rivet 6 1175 7050 0.16 0.229

Total Joint Strength (lbs/bay): 39082 Total: 0.926
*Critical in pin bearing Ult Stress (ksi): 48.98
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4.0  COST EVALUATION

Because of the highly integrated cost evaluation and prediction efforts under the
Boeing Long Beach and Seattle IAS contracts, documentation of the cost
evaluation effort is combined under separate cover [3].   Several cost analysis
tools were evaluated, and COSTRAN, an improved commercialized version of the
Boeing/NASA developed code PCAD, was selected for the IAS program.

A 10 x 10 foot panel representative of design concepts developed in Section 3.4
was utilized as a component for cost modeling purposes.  For comparison, an
equivalent conventional (mechanically fastened, multi-piece) panel of z-stiffened
geometry was also identified.  Cost models were run based on various
combinations of assumptions with regard to manufacturing technology.

A hybrid design, made from high-speed machined extruded frames that are
mechanically fastened to high-speed machined plate skin/stringer panels, was
identified as the most cost-effective manufacturing solution.  Recurring labor and
material costs of the hybrid design are 61% less than a current technology
baseline. This would correspond to a total cost reduction of $1.7 million per ship
set for a 777-sized airplane. However, there are important outstanding issues that
are discussed with regard to the cost of capacity of high technology machinery,
and the ability to cost-effectively provide surface finish acceptable to the
commercial aircraft industry.   It was also observed that application of advanced
high-speed machining technology to the manufacture of the baseline built-up
structural concept is projected to reduce its cost by 43 percent, thus at equal
levels of manufacturing technology, the net savings due to the integral design
concept is 18 percent.  The projected high raw material cost of large extrusions
also played an important role in the trade-off between plate and extruded
concepts.

5.0  STRUCTURAL VALIDATION

5.1  Overview of Test Program

In addition to the design and cost work described in the previous sections, the
IAS program included formulating a development test plan, and to the degree
possible within the funded scope of the program, validating a feasible design
concept.  Development of the test plan drew upon work from previous efforts
related to integral structures [16, 26], and was undertaken as a combined effort
by members of the IAS team, under the coordination and leadership of NASA
Langley Research Center.
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Table 6.  Integral Aircraft Structure Test Matrix
No Specimens Per Lot Assignee 

Plate Extr. (d=design, f=fab, t=test)

Test 
Group Type Configurations 7
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X
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r

MDC BAC LM NG NASA

1 Static Tensile L 3 3 3 3 3 d,f t

LT 3 3 3 3 3 d,f t

ST 2 2 2 2 2 d,f t

2 Fatigue (Unnotched, R=.05) L (flush side) 5 5 5 d,f t

LT (flush side) 5 5 5 d,f t

L (t/2) 5 5 d,f t

Fatigue (Open Hole, R=.05) L (flush side) 5 5 5 d,f t

LT (flush side) 5 5 5 d,f t

L (t/2) 5 5 d,f t

3 Crack Growth/R-Curve CCT,24 in, t=.06 L-T 1 1 1 1 1 d,f t

flush side CCT,24 in, t=.06,T-L 1 1 1 1 1 d,f t

CCT,24 in, t=.148,T-L 1 d,f t

CCT,12", T-L, t=.12 1 1 1 d,f t

CCT,12,L-T,t=.06 2 2 1 d,f t

CCT,12",T-L,t=.12 1 1 1 d,f t

CT, L-S, t=.06 1 1 1 d,f t

CT, L-S, t=.06 1 1 1 d,f t

4 Determination of rc DCB (L-T) 9 d, t  f

flush side DCB (T-L) 9 d, t f

DCB (T-L) 5 d,f,t

DCB/SDCB (L-T) 7 d f , t

DCB/SDCB (T-L) 7 d f , t

5 Thickness Interface -3 (24",Rfillet=.063) 2 d,f t

-5 (24", Rfillet=.188) 2 d,f t

-9 (18", Rfillet=.188) 4 d,f t

-11 (12", Rfillet=.063) 2 d,f,t

-13 (12", Rfillet=.188) 2 d,f,t ( 1 ) t

6 Basic Stiffener Fatigue Rfillet=.063 1 0 d,f t

Rfillet=.120 1 0 d,f t

Rfillet=.188 1 0 d,f t

7 Mech. Joints:        Static Longitudinal 1 d,f t

Fatigue 4 d,f t

Static Transverse 1 d,f t

Fatigue 4 d,f t

8 Fr. Stir Weld:        Static LT 6 d,f  t

                        Fatigue LT 1 0 d,f  t

                        Corrosion 2 d,f t

9 Flat Repair Panel (Fatigue) 1 d f t

1 1 Unpressurized Circ. Crack Panel #1 1 d f t

(FCGR/Res Strength) Panel #2 1 d f t

1 2 Pressurized Circ. Crack Panel #1 1 d f t

FCGR/Res. Strength Panel #2 1 1 d f t

1 3 Tens., Press.: FCGR/Res Streng Long. Crack #1 1 d,f,t

1 4 Compr.:  Static unnotched Curved long.#1 1 d f t

Static unnotched Curved long.#2 1 d f t

1 5 Shear:  Static unnotched Curved shear#1 1 d,f,t

Static unnotched Curved shear#2 1 d,f,t

1 6 Demo Panels Singly curved 1 d,f

Doubly curved 1 d f

Shaded boxes indicate tests not completed under this phase of the program

M
a

te
ri

a
l 

P
ro

p
e

rt
ie

s
S

tr
u

ct
u

ra
l 

D
e

ta
ils

P
an

el
s

Mechanical Joints

Friction Stir Weld

*For description  of specimens made from material s in the "other" category, see Table  9
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The plan is largely embodied in the test matrix presented in Table 6, which was
negotiated as a team, and evolved somewhat through the course of the program.
Planned tests include characterization of static, fatigue, crack propagation and
crack turning behavior for various alloys of interest, from the same lots of material
as larger specimens.  Structural detail tests include specimens to evaluate the
development and behavior of cracks at thickness transitions, as well as joining
concepts, including friction stir welding.  Larger tests include static, repair, and
damage tolerance panels to validate the performance of integral fuselage
structure, and our ability to predict this behavior.  A large portion of the test matrix
is related to the damage tolerance of integral structures, including the effects of
pressure pillowing and crack turning.

Materials included in the test program included both 7050-T7451 plate and 7050-
T74511 extrusion, which were identified as potentially promising materials for
integral structures early in the program.  6013-T651X extrusion was also included
as a more damage tolerant and slightly lower density alternative (the X
designation denoting that this alloy is not a standard extrusion product).  As
R-curve and crack-turning data became available indicating that 7050 suffers
from low T-L fracture toughness, a small group of crack turning tests of various
alloys was initiated.  These tests (see Section 5.3.3) indicated that 7475-T7351
plate does not suffer from excessive toughness orthotropy, and could thus be
made to arrest or turn cracks more uniformly in all directions.  This material was
selected for the longitudinal crack panel (specimen group 13), and the repair
panel, as well as a few material characterization tests, all of which were timed late
in the program.

Problems were encountered with dimensional variation in the extruded shapes
that made it impractical to fabricate the large panels out of the material procured.
Only material coupons were completed out of the extruded products.

As indicated in the test matrix, responsibility for the design, fabrication, and
testing of the specimens was divided between the various contractors and NASA
Langley Research Center.  In this section, the different tests will be described,
with emphasis on the work performed under the Boeing Long Beach contract.
Test groups 15 and 16 were not tested under the present phase of the contract,
though design work was completed for the 7050-T7451 plate shear panel of test
group 15.  Group 16 was comprised of large demo panels of integral construction,
which was intended to be built and tested as part of a barrel test in a follow on
program.
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5.2  Materials Used

5.2.1  7050-T7451 Plate

Twelve 7050-T7451 plates were procured consisting of six 1.5 inch plates all from
the same lot, and six 2.5 inch plates from another lot.  All 7050 plate specimens
tested in the program come from these lots.  Average lot release data from both
lots is summarized in Table 7.  A copy of lot certification paperwork including
additional information is provided in Appendix Section A.2.

As indicated on the test matrix, numerous additional material coupons were
supplied under the Boeing Seattle contract [21] for testing at NASA.

Table 7.  Average Lot Release Data for 7050-T7451 Plate Material
Stock Size

(inches)
Manufacturer

(Lot No.)
Property L

(Sample
count)

LT
(Sample
count)

ST
(Sample
count)

48.5x144x1.5 Pechiney TUS, ksi 77.4
 (1)

76.9
(1)

(75394/011) TYS, ksi 68.0
 (1)

68.3
 (1)

48.5x144x2.5 Pechiney TUS, ksi 74.7
(14)

75.7
(14)

73.0
(14)

(75436/011) TYS, ksi 66.0
(14)

66.2
(14)

62.9
(14)

KIC,
ksi√in

33.3  (L-T)
(1)

27.9 (T-L)
(1)

26.9 (S-T)
(1)

5.2.2  Large Extrusions

Eleven extruded 7050-T74511 panels and eleven 6013-T6511X extruded panels
were procured from Alcoa, with the exception that some of the 6013 panels were
not artificially aged, so that they could be age/creep formed if desired.  No lot
release data was provided by Alcoa, though NASA material property testing of
these materials is included in the test matrix.
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The as-received panels measured 30 x 96 inches, and were integrally stiffened
with the shape specified by Alcoa Drawing No. 470722.   In order to achieve the
30 inch panel width, Alcoa extruded the panels in a “V” shape, as shown in
Figure 20, and afterwards axially roll flattened, solution treated, stretched, roll
flattened again, and aged the panels to the specified temper.  Unfortunately, the
roll flattening process is not mature, and did not produce sufficiently flat material
for subsequent machining to the panel dimensions required for stiffened test
panels.

Both at Long Beach and in Seattle, attempts were made to further flatten the
panels by bump forming, which improved the flatness observably, but the
dimensional quality was still deemed inadequate to machine large test panels.
Material property characterization work continued at Boeing Seattle and NASA,
but the large panels were dropped from the program.

5.2.3  7475-T351 Plate (Seattle Lot Buy)

The lot of 7475-T7351 plate shown on the test matrix was purchased under the
Boeing Seattle contract.

Figure 20.  As-Extruded Shape of IAS 7050-T74511 and 6013-T6511X
Extrusions


